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RESEARCH MEMORANDUM 


EFFECTS OF A SERIES OF INBOARD PLAN-FORM MODIFICATIONS ON 
THE LONGITUDINAL CHARACTERISTICS OF TWO UNSWEPT 
WINGS OF ASPECT RATIO 3.5, TAPER RATIO 0.2, 

AND DIFFERENT THICKNESS DISTRIBUTIONS 
AT MACH NUMBERS OF 1.61 AND 2.01 


By John В. Sevier, Jr. 
SUMMARY 


An investigation has been conducted at the Langley 4- by 4-foot 
supersonic pressure tunnel at Mach numbers of 1.61 and 2.01 to determine 
the effects of inboard plan-form modifications on two unswept wings. 

The two basic wings differed only in spanwise thickness distribution; 

the aspect ratio (4.5) and taper ratio (0.2) remained the same for both 
wings. Inboard plan-form modifications were made by means of insert sec- 
tions which linearly extended the local chord, forward or rearward, from 
the 40 percent semispan station to the model center line. 


Results of these tests indicated that addition of the extensions to 
either of the basic wings caused a reduction in minimum drag; theoretical 
calculations showed that these reductions can be predicted with reason- 
able accuracy. Although the extensions caused a decrease in lift-curve 
slope, (when based on wing areas including extensions) their over-all 
effect was to improve the maximum lift-drag ratio and to reduce the lift 
coefficient at which it occurred. Thus, by properly modifying the wing 
thickness and plan form, significant increases in wing volume (up to 
80 percent for the configurations presented herein) could be attained 
with Little or no penalties in drag and actual increases in maximum lift- 
drag ratio. Comparison of the present results with the results of a 
similar investigation for a ШТО swept wing indicates that sweep angle 
has little effect on the relative improvements resulting from the addi- 
tion of chord extensions. 
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INTRODUCTION 


In references 1 to 4, an extensive investigation has been made to 
determine the effects of sweep and thickness on the aerodynamic charac- 
teristics of several wing-body combinations. А part of this general рго- 
gram was aimed at determining the practicability of increasing the wing 
volume by thickening the inboard part of the wing. For example, in ref- 
erence 1, the inboard thickness ratios were increased on a 47° swept wing 
so that the wing volume was increased by 25 percent; results indicated 
that up to a Mach number of 0.88, no penalty in maximum lift-drag ratio 
was incurred for the thickened wing. At supersonic speeds, however, the 
effect of greater wave drag, associated with the increased thickness, 
was clearly evident in the reduced lift-drag ratios (refs. 5 and 4). 
Because of the practical advantages of the thicker wing, a further inves- 
tigation was considered warranted to ascertain whether there were some 
practical means of maintaining its advantages at supersonic speeds. 


A recent investigation of two ШТО swept wings made at the Langley 
l- by h-£oot supersonic pressure tunnel showed that, by properly modi- 
fying the wing thickness and plan form, significant increases in volume 
accompanied by actual increases in maximum lift-drag ratios, can be 
attained (ref. 5). One wing was of constant 6 percent thickness ratio 
throughout; whereas the other wing had the same sections outboard of the 
lhO-percent-semispan station but inboard of this station, the thickness 
increased linearly to 12 percent at the model center line. 


A less extensive investigation of a similar nature Was made of a 
450 swept wing by an Air Force contractor. Тһе results of this investi- 
gation show the same general trends and are presented in reference 6. 


In order to establish sweep effects, further tests (similar to those 
of ref. 5) were made of а wing which was unswept about the midchord line. 
Aspect ratio (3.5), taper ratio (0.2), and thickness distribution for the 
two basic wings remained the same as in reference 5. Results of this 
unswept-wing investigation are presented in the present report. Inboard 
plan-form modifications were effected by means of removable inserts which 
linearly extended the local chord, forward or rearward, from the 40-percent- 
semispan station to the model center line. 


SYMBOLS 
M free-stream Mach number 
а free-stream dynamic pressure 
سضر گے‎ 7122 4 
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.mean aerodynamic chord, a с dy 


area of Wing extended through the fuselage to the center line 
wing span 

aspect ratio, b/s 

airfoil chord at any spanwise station 


spanwise distance measured from the plane of symmetry of the 
wing | ; 


b/2 
О 
angle of attack 
lift 
drag 
lift coefficient, 1/48 


lift coefficient at maximum lift-drag ratio 


drag coefficient, р/а 


minimum drag coefficient 


pitching-moment coefficient about а line perpendicular to plane 
of symmetry and passing through the 25-percent position of 
the mean aerodynamic chord. 

center of pressure 


lift-curve slope, per degree or рег radian 


pitching-moment-curve slope, рег deg 
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WING DESIGNATTON 


Та order to identify conveniently the various configurations tested, 
а three-unit numbering system has been adopted, each unit being separated 
from the others by a dash. The first number (6 or 12) designates the 
center-line thickness in percent chord of the basic wing; the second num- 
ber (0, 55, 6T, or 100) designates the percentage by which the basic 
center-line chord is extended by the forward insert; and the third number 
(О or 33) refers to the percentage by which the basic center-line chord 
is extended by the rearward insert. Thus, the designation 6-0-0 refers 
to the basic 6-percent-thick wing, whereas the designation 12-100-55 
refers to the 12-percent-thick wing with the basic center-line chord 
extended 100 percent forward and 55 percent rearward. In cases where а 
given number is variable, the number is replaced by X. Thus ; When curves 
are plotted as a function of leading-edge extension, for example, for the 
rose wing with 55 percent rearward extension, the designation 
is 6-Х-53, 


APPARATUS 
Tunnel 


All tests were conducted in the Langley ¥- by Н-РооЪ supersonic 
pressure tunnel which is a rectangular, closed-throat, single-return wind 
tunnel designed for а nominal Mach number range of 1.2 to 2.2. The test- 
section Mach number is varied by deflecting horizontal flexible walls 
against & series of fixed interchangeable templates which have been 
designed to produce uniform flow in the test section. For the present 
investigation, the test-section Mach numbers were 1.61 апа 2.01; the 
test-section heights were 4.4 feet and 5.1 feet, respectively; and the 


tunnel width was 4.5 feet. 


Model 


The test model consisted of either of two unswept wings (09 sweep 
about the midchord line) mounted on ап ogive cylinder fuselage, the ogive 
having а fineness ratio of 3.5. The model was sting supported as shown 
in figure 1. Angle of attack was measured optically during each test and 
was varied by rotating the model about the balance-moment center. Although 
the fuselage housed a six-component internal strain-gage balance, only пог- 
mal force, chord force, and pitching moment were analyzed. 


The wings were constructed as indicated in figure 2. Outboard of the 
4O percent semispan station, both wings were constructed of steel: and had 


symmetrical 4-2 i hexagonal airfoil sections with a constant thickness 
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ratio of 6 percent. Inboard о? the 40-percent-semispan station, the 
flat side of the hexagonal section was extended into the fuselage; the 
airfoil section over this inboard part was completed by the addition of 
any combination of forward and rearward inserts, as shown in figure 3. 


Forward extensions of 33, 67, and 100 percent of the basic center- 
line chord and a rearward extension of 33 percent of the basic chord 
were tested in various combinations on each wing. Because of physical 
limitations of the model, the extensions tested in the present investiga- 
tion were somewhat different from those of reference 5, in which forward 
and rearward extensions of 55 and 67 percent of the basic center-line 
chord were tested. It should be noted, however, that the maximum total 
chord extension remained the same. 


The addition of chord extensions, to a wing of given thickness, nec- 
essarily changed the airfoil section because the thickness ratio and 
wedge angle were modified. Furthermore, when extensions were added which 
were nonsymmetrical forward and rearward, the section no longer remained 


a iii airfoil; its new shape depended on the particular combination 


of extensions. In short, the new airfoil was merely the basic airfoil 
with its three chord divisions elongated (either forward or rearward of 
the basic chord center line or both) by an amount dictated by the new 
wing designation; the increased length being alloted proportionally to 
the flat section and to the wedge section. ‘The new airfoil sections can 
be derived by using the following relationships: 


1 2А 
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Where C4, Со, апа Cz are the lengths of the forward wedge, flat mid- 


section, and rearward wedge expressed as fractions of the new chord, 
and А and В are the percent forward and rearward extensions, геврес- 
tively. Note that the flat section always remained one-third the chord. 


Two sets of wings and insert extensions were tested. One wing with 
basic inserts (Х-0-0) had constant 6-percent-thick sections throughout. 
The second wing with basic inserts was identical in plan form and had 
the same sections outboard of the 40-percent-semispan. station as the 
6-percent-thick wing. Inboard of the 40-percent-semispan station, how- 
ever, the thickness increased linearly from 6 percent at the 40 percent 
station to 12 percent at the model center line. Since the 6-Х-Х and 
12-X-X wings could both be tested with eight different combinations of 
inserts (fig. 3), there was a total of sixteen configurations tested. 


Figure h(a) shows the basic 6-percent-thick wing (6-0-0) and fig- 
ure 4(b) shows the 6-percent-thick wing with 100 percent forward and 
55 percent rearward extensions. 


TESTS 


All wing configurations shown in figure 3 were tested at a Mach 
number of 2.01 through an angle-of-attack range of -2° to 8°, approxi- 
mately. The corresponding Reynolds number, based on the mean aerodynamic 
chord of the Х-0-0 wing, was, with the exception of several isolated 


test conditions, 2.21 х 10°. For the extreme forward extensions, it was 


necessary to Lower the tunnel stagnation pressure in order not to exceed 
the balance limit on pitching moment; for these configurations, the 


Reynolds number was 1.62 x 10°. A check run of the 12-0-0 wing at both 
Reynolds numbers indicated that there was no measurable effect due to 
this slight variation in Reynolds number. 


In order to establish Mach number variation, the extreme configura- 
tions, shown in the corner sketches of figure 5, were also tested at a 
Mach number of 1.61. Тһе Reynolds number for most of these tests was 


2.68 x 10°; for the most forward extensions, where it was necessary to 


lower the stagnation pressure, the Reynolds number was 1.42 х 10°. 


Corrections were applied to all data in such а manner that the base 
pressure was corrected to free-stream static pressure. А 5-inch-diameter 
sting block (fig. 1) was used in order to minimize the base-pressure cor- 
rection. The results of reference 5 indicated that the sting block had 


no effect on the final corrected data. 
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THEORETICAL CALCULATIONS 


Drag at Zero Lift 


The drag at zero lift of each wing-body combination was considered 
to be the sum of the individual drags of the body and the exposed wing. 
Interference effects were neglected on the basis of the following con- 
siderations: (1) the body was cylindrical in the zone of influence of 
the wing and hence can experience no pressure drag in this region, and 
(2) the wing was operating in a flow field which was essentially uniform. 
The body pressure drag was calculated by means of linear theory as pre- 
sented in reference 7. From tests of the body with and without a boundary- 
layer trip and from measurements made on a similar body in reference 5, 
the flow over the body was found to be turbulent. The skin friction, 
therefore, was estimated by the extended Frankl and Voishel method 
discussed in reference 8. 


The wave drags of the basic wings (X-0-0) were calculated by linear 
theory by the use of a procedure similar to that outlined in references 9 
end 10. For the extended-chord configurations, the wave-drag coeffi- 
cients were estimated by a strip-theory calculation; that is, two- 
dimensional thickness corrections were applied to the basic wing to allow 
for the thickness-ratio changes ав the inserts were added. Мо correc- 
tions were made for the plan-form echange. Тһе wing skin friction was 
estimated by the method of reference 11; laminar flow over the wing was 
assumed. 


Lifting Characteristics 


Although the 1126-сцгүе slopes of the wing and wing-body configura- 
tion are discussed separately in this section, it is to be emphasized 
that in the final presentation (where theory and experiment are compared), 
only the estimates for the wing-body combinations are presented.  Calcu- 
lations were made for the wing-alone configurations ав а necessary step 
in obtaining the wing-body characteristics, however, no results for the 
wing &lone аге presented. 


Wing lift-curve slope.- For the basic wing (Х-0-0) alone, the lift- 
curve slopes were calculated directly from the expressions given in ref- 
erence 12. In estimating them for the extended-chord configurations, 
certain simplifications were made in order to avoid prohibitively 
lengthy calculations. First, consider the Х-0-55 configuration: since 
the trailing edge is supersonic, the addition of the 55 percent exten- 
sion to the basic wing cannot affect the flow over the basic part of the 
new wing. Thus, the lift on the Х-0-55 wing is merely the lift on the 
X-O-O wing plus the lift on the added triangular area, which can be 
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calculated by integrating the theoretical linear pressures over the 
triangular part. This reasoning applies at both Mach numbers 1.61 

and 2.01 because the trailing edge is supersonic in both cases. On the 
basis of the reversibility theorem (ref. 15), it is obvious that the 
Х-55-0 configuration has the same theoretical lift-curve slope as the 
Х-0-55 configuration. Іп order to obtain the lifting characteristics 

of the Х-67-0 wing, the reverse flow is considered. At a Mach number 

of 2.01, the reverse-flow trailing edge of the insert is essentially 
sonic, hence the same method can be used as for the Х-0-55 configuration. 
At a Mach number of 1.61, however, this reasoning does not apply, because 
the reverse-flow trailing edge is subsonic. Similarly, the lifi-curve 
slopes of the Х-100-0 wing cannot be calculated by these simple methods 
nor can calculations be made for configurations having a combination of 
forward and rearward extensions. That is, for configurations other than 
those discussed, the calculations were either prohibitively lengthy or 
were oversimplifications, therefore, no calculations of this type were 
carried out. It is believed, however, that the limited number of theo- 
retical points calculated by the methods described are sufficient to 
establish agreement between experiment and theory and also to show that 
the general trends can be predicted reasonably well. 


Wing-body lift-curve slope.- In estimating the effect of wing-body 
interference on the lift-curve slope, the method of reference 14 was 
used. For the basic wing, this method was applied directly, but for the 
extended-chord configurations, it was necessary to simplify the problem 
somewhat in order to avoid excessively lengthy calculations. For these 
configurations, then, it was assumed that the inboard section of the 
wing plan form was of primary importance in determining the effective 
lift carryover. Hence, the lift carryover was computed (by the use 
of ref. 12) for a wing of zero taper ratio having the same sweep of the 
leading and trailing edges as given by the insert sections. 


Drag due to lift.- Because of the relative sharpness of the wing 
leading edge and the fact that the leading edge was supersonic, except 
for the cases of extreme forward extensions, the drag due to lift was 
assumed to be given by the component of normal force in the drag direction. 


RESULTS AND DISCUSSION 


« 


Effects of Extensions on Unswept Wing 


Basic data.- The basic lift, drag, and lift-drag-ratio data аге pre- 
sented аз а function of angle of attack in figures 5 and 6 for both the 
6-Х-Х and 12-X-X wing configurations. Іп addition, the lift-drag ratio 
data are plotted as a function of lift coefficient in figures 7 and 8. 
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The basic data for all the configurations tested are tabulated in 
table I. А summary of the individual wing characteristics (such as 
minimum drag and lift-curve slope) is presented in tables II and ІІІ. 


Pitching-moment and center-of-pressure data are presented for the 
6-X-X and 12-X-X wing series in figures 9 апа 10, respectively. Since 
each insert section was assumed to form а new wing, а new moment center 
referenced to the quarter-chord point of the mean aerodynamic chord of 
each wing was used to reduce the data. Such referencing leads to the 
anomalous result that the forward extensions increase stability. This 
effecu is due to the fact that the moment axis changes more rapidly than 
does the physical center of pressure, as is evident from the center-of- 
pressure data presented in figures 9 and 10. 


Minimum drag coefficients.- In figure 11, the minimum drag coeffi- 
cients for all the configurations tested are plotted as a function of 
the sum of the forward and rearward extensions. This presentation 18 
consistent with the initial theoretical assumption that the extensions 
would introduce primarily а thickness effect. То figure 11(а), the drag 
coefficients have been based on the individual wing area, whereas in fig- 
ure ll(b), the area of the basic wing (Х-0-0) has been used to obtain 
drag coefficient. It should be emphasized that the significant reduc- 
tions in minimum drag coefficient apparent from figure 11(а) are somewhat 
misleading since referencing а given drag force to а larger area (as 
extensions are added) will necessarily result in & lower coefficient. 
Ihe picture is further distorted by the fact that the body drag, which 
is а large part of the total drag апд is theoretically constant, is 
included in figure 11; the body drag, of course, is subject to the same 
misleading changes due to re-referencing. Hence, because of the 
re-referencing for each wing, it is difficult to make valid comparisons 
between configurations using figure 11(а). For this reason, figure 11(b) 
has been included іп which the variation in minimum drag coefficient is 
equivalent to the variation in actual minimum drag since а common area 
has been used throughout. 


The results of figure ll indicate that the original thickness- 
correction concept is substantiated by the experimental data. That is, 
by the use of this thickness correction, it is possible to estimate 
reasonably well the variation in minimum drag coefficient with chord 
extensions. 


Although the reduction in drag with chord extension (fig. 11(b)) is 
primarily & thickness effect, it is of interest to note the differences 
between two wings of the same thickness ratio; that is, to compare the 
6-O-O wing with the 12-61-55 wing, observing, of course, that both wings 
are of constant 6 percent thickness. Since the slight difference in 
airfoil section of the two wings in the inboard region introduces a 
negligible effect (based on two-dimensional linear-theory calculations), 
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then this comparison will indicate the effect of changing the plan form. 
Using tables II апа ТТТ, the following results аге obtained for а Mach 


number of 2.01: 


Thus the 12-67-33 wing-body combination has only 2 percent more actual 
drag than the conventional 6-0-0 wing. Comparison of these two wings on 
the basis of volume indicates that the 12-67-33 wing has 67 percent 
greater volume (a parameter which may be extremely important) than the 
6-0-O wing. At а Mach number of 1.61, а comparison between the 6-0-0 
and the 12-100-0 configurations (since the 12-67-33 configuration was 
not tested at the lower Mach number) indicated comparable results. 


On the basis of limited comparisons, it was concluded that approxi- 
mately the same percentage changes in minimm drag resulted from adding 
extensions to the swept-wing configurations (ref. 8) as to the present 
unswept configurations. The absolute drag values of the swept configura- 
tions were somewhat lower than those of the unswept ones at a Mach num- 
ber of 1.61, but were essentially the same at a Mach number of 2.01. 


Drag due to lift.- In figures 12 and 15, the drag-due-to-lift param- 
eter is plotted as a function of forward chord extension for both the 
6-Х-Х and 12-Х-Х wing series. As can be seen in figures 12(а) anà 15(а), 
the reciprocal of the theoretical lift-curve slope (in radians) falls 
below the drag-due-to-lift parameter. This result can be attributed to 
the following conditions: (1) the resultant-force vector can be inclined 
at some angle other than normal (as was originally assumed), and (2) 
there might be inaccuracies in predicting the lift-curve slope. Subse- 
quent plots show that there is good agreement between theoretical and 
experimental lift-curve slopes, therefore, the second reason is not а 
contributing factor in the present case. Оп the other hand, examination 
of figures 12(b) and 15(Ъ) indicates that, in fact, the lift vector is 
inclined rearward of the normal to the chord. Thus, in the present case, 
the difficulty in predicting drag-due-to-lift characteristics lies in the 
fact that the original assumption of a normal lift vector is not strictly 


correct. 
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Lift-curve slopes.- Summary plots of the lift-curve slopes Гог all 
the wing-body configurations tested are presented in figures 1} and 15. 
Ав in previous summary plots, the parameter is based both on the indi- 
vidual wing area and оп the area of the X-O-O wing. Examination of fig- 
ures 14 and 15 shows that there is very good agreement between experiment 
and theory, especially at the higher Mach number. Although the theoreti- 
cal estimates presented are for а limited range, it can be concluded that 
reasonably accurate trends in lift-curve slope can be calculated by the 
use of the methods presented in this report. 


Maximum lift-drag ratios.- The lift-drag-ratio data are presented 
as a function of forward chord extension in figures 16 and 17 for both 
the 6-Х-Х and 12-X-X wing series. In all cases, the addition of chord 
extensions to a wing of given thickness improved the maximum lift-drag 
ratio and, at the same time, reduced the lift coefficient at which it 
occurred. As can be seen from figures 16 and 17, the theoretical esti- 
mates of the maximum lift-drag ratio are somewhat high. These discrep- 
ancies are the result of accumulative small differences between experi- 
ment and theory in calculating lift, minimum drag, and drag due to lift. 
It should be noted that the trends between experiment and theory compare 
favorably although the actual values do not. 


Again, it is of interest to compare the two 6-percent-thick wings 
(in combination with the body) at а Mach mmber of 2.01: 


шах 
1.92 0.220 
5.21 .185 


Thus, the extended-chord wing configuration (which has 67 percent 
more volume) has a 6 percent higher maximum lift-drag ratio occurring at 
& lower lift coefficient and has only 2 percent more minimum drag than 
the basic configuration. Similar gains can be anticipated at a Mach 
number of 1.61. 


Calculations of wing skin friction (with the assumption of laminar 
flow) indicate that this increase in maximum lift-drag ratio is chiefly 
а plan-form effect rather than a Reynolds number effect on skin friction 
(associated with the extended chord of the 12-61-55 wing). Further 
calculations show that even if the flow had been turbulent over the wings, 
the resulting increase in the level of skin friction and the larger 
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Reynolds number effect associated with the extended chord would be 
insufficient to cause апу material effect on the percentage increases 


in maximum lift-drag ratio. 


It is of importance to note that these data were obtained from ге1а- 
tively crude models designed to facilitate the testing of various arrange- 
ments. The results, therefore, are to be applied in order to indicate 
trends rather than for the specific numbers presented because ; by using 
better airfoil sections, higher values in maximum lift-drag ratio could 


be realized. 


Pitching-moment-curve slopes.- The pitching-moment-curve slopes and 
representative center-of-pressure locations for all configurations tested 
are presented in figures 18 and 19. The difficulty of considering each 
configuration ав a new wing and relocating the moment axis is reflected 
in the pitching-moment-curve slopes; however, the representative сецбег- 
of-pressure locations show the anticipated forward shift with forward 
extensions and rearward shift with rearward extensions. 


Comparison Between the Swept and Unswept Wings 


Although no specific curves showing sweep effects are presented in 
the present report, it will be of general interest to compare the basic 
swept and unswept wings, and to discuss the effects of adding extensions. 


онеер effects on the extended-chord configurations.- Because of 

basic differences between the tests of reference 5 and the present tests, 
only a limited number of extensions were common to both the swept and 
unswept wings. Thus, the conclusions regarding the effect of sweep will 
necessarily be based on limited comparisons. То be specific, at a Mach 
number of 1.61, the Х-0-0 and Х-0-55 configurations were common to both 
the swept and unswept wings; whereas, at a Mach number of 2.01, the Х-0-0 
end X-6T-O configurations were common to both. On the basis of these 
comparisons, it is concluded that at a Mach number of 1.61 the relative 
improvements due to adding extensions were essentially the same for the 
swept and unswept wings. At a Mach number of 2.01, it was found that 
slightly higher relative gains could be realized with the unswept wing. 


Sweep effects on the basic wings.- Generally speaking, the aerody- 
namic characteristics of the АТО swept wing are better than those of the 
unswept wing; at least, over the Mach number range considered herein. 

At a Mach number of 1.61, the swept wing has definite advantages in mini- 
mum drag, drag due to lift, maximum lift-drag ratio, and optimum lift 
coefficient; however, аб a Mach number of 2.01, these advantages are not 
as pronounced. For example, at the lower Mach number, the swept wing 
has lO percent to 12 percent greater maximum lift-drag ratio, whereas, 
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at a Mach number of 2.01 this value has been reduced to about 5 percent. 
Similarly, the minimum drag of the basic swept wing is approximately 

10 percent lower than that of the basic unswept wing at a Mach number 
of 1.61; whereas, at the higher Mach number the minimum-drag values of 
the two wings are essentially the same. Such trends substantiate the 
original assumption that tbe unswept wing would have better aerodynamic 
characteristics at the higher Mach numbers than the swept wing. 


The only parameter considered herein which does not follow this 
pattern is lift-curve slope. At a Mach number of 1.61, the lift-curve 
Slope of the unswept wing is about 10 percent higher than that for the 
swept wing, whereas at a Mach number of 2.01, the two are пророк шасе у 
the ваше. 


CONCLUDING REMARKS 


An investigation has been conducted at the Langley 4- by 4-foot 
supersonic pressure tunnel at Mach numbers of 1.61 and 2.01 to determine 
the effects of inboard plan-form modifications to two unswept wings. 

The two basic wings differed only in spanwise thickness distribution; 

the aspect ratio (5.5) and taper ratio (0.2) remained the same for both 
wings. Inboard plan-form modifications were made by means of insert sec- 
tions which linearly extended the local chord, forward or rearward, from 
the hO-percent-semispan station to the model center line. 


Results of these tests indicated that addition of the extensions to 
either of the basic wings caused & reduction in minimum drag; theoretical 
calculations showed that these reductions could be predicted with reason- 
able accuracy. Although the extensions caused a decrease in lift-curve 
slope (when based on wing areas including extensions), their over-all 
effect was to improve the maximum lift-drag ratio and to reduce the lift 
coefficient at which it occurred. Thus ә by properly modifying the wing 
thickness and plan form, significant increases in wing volume (up to 
80 percent for the configurations tested herein) сап be attained with 
little or no penalties in drag and actual increases in maximum lift-drag 
ratio. 


Comparison of the present results with the results of & similar 
investigation for а ШТО swept wing indicates that sweep angle has little 
effect on the relative improvements resulting from the addition of chord 
extensions. 


Langley Aeronautical Laboratory, 
National Advisory Committee for Aeronautics, 
Langley Field, Va., October 28, 1953. 
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Figure 1.- Schematic layout of model. (All dimensions in inches, unless 


otherwise specified. ) 
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Figure 5.- Geometry of wing-body combinations. 
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(а) The 6-0-0 wing in combination with body. 


Figure №.- Wing-body configurations. 
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Figure 4.- Concluded. 


eT 


NACA RM L53K11 


5 


O5 “џарџјаво боја 


‘мае 11 


Angle of attack, а , deg 


Angle of attock, a , deg 


wing-body configurations. 


-X-X 


Figure 5.- Lift апа drag characteristics for 6 
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Figure 5.- Concluded. 
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Figure 6.- Lift and drag characteristics for 12-Х-Х wing-body configurations. 
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(b) M - 1.61. 


Figure 6.- Concluded. 
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Figure T.- Lift-drag ratios for 6-Х-Х wing-body configurations. 
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Figure 8.- Lift-drag ratios for 12-X-X wing-body configurations. 


97 


22 


КАСА RM 155К11 


(а) M= 2.01. 


0-0-Х 02 


Wo '(uapijeoo шашош-блцоиа 


„n ии = 


.61. 


ж 


(ъ) м 


of-pressure characteristics of 


6-X-X wing-body configurations. 


- Pitching-moment and center- 


Figure 9 


NACA RM 1,55К11 


„OOE TAL 


0-0-Х Ю 2 
jo 5 оЦ0р4 
“иоцроо| 'd'o 


Шочциајодјаоо физшош-бшцона 


Angle of attack, a , deg 


Angle of attack, a , deg 


O-O-x19 2 
jo чоцом; Чо “шәріңәоо фиошош-бищоца 
“шоцооо) ‘d'o 


ылады ашнен 


- م س س م‎ E 


of-pressure characteristics for 


12-Х-Х wing-body configurations. 


-moment апа center- 


Pitching‏ ہے 


Figure 10 


MESES СБНС Qe 4‏ ہے 


—— HM ملسم‎ — —— 


Minimum dg coefficient, Cy |, 


Minimum drag coefficient, Ср 
in 
Х-0-О 


2 4 6 8 Ке 2 |.4 О 2 4 Б 8 10 12 


Chord extension, fraction of basi chord Chord extension, fraction of bask chord 


(b) Coefficients based on area of X-0-O wing. 


Figure 11,- Minimum drag characteristics of 6-X-X and 12-X-X wing-body 
configurations, 
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(b) Parameter based on вгеа of Х-0-0 wing. 


Figure 12.- Drag-due-to-lift characteristics of 6-X-X wing-body configurations. 
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(b) Parameter based on area of Х-0-0 wing. 


Figure 15.- Drag-due-to-lift characteristics of 12-X-X wing-body 
configurations. 
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(5) Coefficients based on area of Х-0-0 wing. 


Figure 14.- Lift-curve slopes of 6-X-X wing-body configurations. 
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(b) Coefficients based on area of Х-0-0 wing. 


Figure 15.- Lift-curve slopes of 12-Х-Х wing-body configurations. 
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Figure 16.- Maximum lift-drag ratios and optimum lift coefficients for B 
6-X-X wing-body configurations. 
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Figure 17.- Maximum lift-drag ratios and optimum lift coefficients for E 


12-Х-Х wing-body configurations. 
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Figure 18.- Pitching-moment-curve slope and representative center-of- 
pressure characteristics for 6-X-X wing-body configurations. 
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Figure 19.- Pitching-moment-curve slope and representative center-of- 
pressure characteristics for 12-Х-Х wing-body configurations. 
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